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LONGITUDINAL FmQUENCY-RESPONSE AN3 STABILITY 
CHARACTERkTICS OF THE D0U;LAS D-558-11 
RESPONSE TO A MACH NUMBER OF 0.96 
By EucLid e. Holleman 
The longitudinal frequency-response characteristics and the  sta- 
b i l i t y  derivatives of  the Douglas D-38-11 airplane were computed from 
transient-flight data. over a Mach number rasge of 0.60 t o  0.96 and at 
a l t i t ude  ranges of 21,000 t o  25,000 feet, 28,000 t o  33,000 feet, and a t  
37,500 and 43,000 feet. The results are presente3 as amplitude r a t i o  
and phase angle plot ted against frequency, and a5 s t a b i l i t y  derivatives 
plot ted against Mach number. The response amplitrrde of the system varied 
l i t t l e   w i t h  Mach number f o r   t h e  Mach number range of these tests; however, 
the resonant frequency increased with Mach number, 
The airplane transfer-function coefficients showed some var ia t ion  
with Mach number and some a l t i tude   e f fec ts .  
The longitudinal-stabil i ty  derivatives  agreed  favorably w i t h  wind- 
tunnel results. The elevator control effectiveness varied l i t t l e  with 
Mach number a t  the lower Mach numbers but a loss in effectiveness was 
indicated at the higher test  Mach numbers. The static s t a b f l i t y  of the 
airplane increased with Mach number for the  Mach number range tested.  
The rate of change of drplane normal-force coefficient with angle of 
attack increased with Mach  number t o  a Mach number of 0.83. The damping 
derivative increased with Mach number t o  a Mach number of about 0.83 and 
a decrease was indicated to   the  higher  test Mach numbers. 
INTRODUCTION 
+ An investigation is  currently being conducted  by the  National 
Advisory Committee for Aeronautics t o  determine the dynamic response 
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charac te r i s t ics  of research airplanes through the transonic speed range. 
As a par t  of this investigation, some re su l t s  on the dynamic longitudinal 
response  characteristics of the Douglas D-558-11 research  airplane have L 
been obtained. These data are somewhat complete below a Mach  number of 
0.85 f o r  two alt i tude ranges.  Some data e presented for higher test 
Mach numbers and a l t i tudes  because of the general interest in   da ta  of 
t h i s  type. 
c 
O f  the several methods of obtaining the frequency response of free- 
f l i g h t  dynamical systems, the pulse-disturbance technique was used 
because a minimum of flight time and instrumentation i s  required. Also, 
no special device is necessary to actuate the input control. By a 
Fourier analysis of  the airplane response to an elevator- pulse, the 
frequency response of the airplane has been obtained. These r e su l t s  
have been reduced t o  a i rplane s tabi l i ty  der ivat ives .  
These t e s t s  were conducted over a Mach number range of 0.60 to  0.96 
a t  alt i tudes ranging from 21,000 t o  43,000 f e e t .  For purposes of analysis 
the data have been divided into three alt i tude ranges: 21,000 t o  
25,000 f ee t ,  28,000 t o  33,000 f ee t ,  and at 37,500 and 43,000 f ee t .  
SYMBOLS 
a 
6 
it 
airplane normal-force coefficient 
angle of attack, deg 
elevator position, deg o r  radians 
stabilizer position, deg (posit ive when airplane nose 
down) 
pitching velocity, radians/sec 
forward velocity, ft/sec 
mean aerodynamic chord, f t  
mass of the airplane, slugs 
wing area, sq f t  
normal acceleratiori, g un i t s  
acceleration due to. gravity,  ft/sec 2 
. 
NACA RM L 5 E 0 2  - 3 
. 
air density, slugs/cu f t  
time, sec 
time t o  reach steady state, sec 
airplane weight, lb 
- pressure altitude, f t  
Mach number 
moment of i ne r t i a  about Y - a x i s ,  slug-ft2 
exciting frequency, radians/sec 
undamped n a t u r a l  frequency of the airplane, radians/sec 
phase  angle between q and 6, deg 
disturbance function parameters of the  transfer  function 
differential   operator,  d/dt, per  sec 
damping ratio, percent damping 
r a t e  of change of  lift coefficient with angle of attack, 
per deg 
rate of change of lift coefficient with elevator deflec- 
tion, per deg 
rate of  change of airplane normal-force coefficient with 
angle of attack, per deg 
r a t e  of change of pitching-moment coefficient w i t h  angle 
of attack, per deg 
r a t e  of change of pitching-moment coefficient with 
elevator deflection, per deg 
r a t e  of change of pitching-mment coefficient with 
pitching velocity, per radian 
rate of change of pitching-moment coefficient with 
angular velocity of  angle of  attack, per radian - 
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cmq + cm& damping derivative,  per deg 
R W I Q  real and haginaxy  par ts  of the  output  function, 
respectively r 
RE, 16 r e a l  and imaginary par t s  of the  input  function, 
respectively 
q R 9  91 transient  r e d  and imaginary pa r t s  of the  output  func- 
t ion (evaluated to time T),*respectively 
ER,EI t rans ien t   rea l  and imaginary pa r t s  of the  input  function 
(evaluated t o  time T) ,  respectively 
TEST EQUIPMENT 
Airplane 
T$e test airplane, the Douglas D-558-11, i s  a midwing research air- 
plane with swept-- and t a i l  surfaces. It i s  both jet  and rocket 
powered. The J e t  engine exhausts out the bottom of the fuselage between - . 
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the wing and ta i l  at an angle of approxfmately 8" to the center l ine of 
the airplane fuselage with the thrus t   l ine  approximately through the 
airplane center of gravity. The rocket e-wine Cxhatists out the rear of 
the fuselage with the thrust  line dong the fuselage center line. Below 
a Mach  number of  0.85 the  a i rc raf t  was Je t  powered only. The airplase 
was maneuvered by conventional controls and trimmed longitudinally by a 
movable s tabi l izer .  For most of the test  maneuvers, the s tab i l izer  was 
fixed at 2.1°, t r a i l i n g  edge down. Presented in  figure 1 i s  a three- 
view drawing of the airplane and table I gives the physical character- 
i s t i c s  of the airplane. 
The moknt of inertia of the airplane was determined experimentally 
by the method outlined  in  reference I and was corrected  analyt icdly  for  
changes in weight due t o  f u e l  consumption. A i r p l a n e  weights, moments of 
iner t ia ,  and center-of-gravity locations are presented i n  table I. 
Instrumentation 
The test  airplane was completely instrumented f o r  a n  extensive 
flight-test program of which the tests reported hereh were a part .  
Standard recording NACA instruments were used and were synchronized by 
a common timer. Quantities measured pertinent to the investigation are 
as follows: airspeed, altitude, normal acceleration, pitching velocity, 
elevator position, stabilizer position, angle of  attack, and f u e l  remaining. 
Other recorded quantities, such as roll- and yawing velocity, 
pitching acceleration, transverse and longitGdinal acceleration, and 
aileron and rudder position, were avai lable   for  a complete evaluation 
of the maneuver. 
The recording pitch turnmeter m s  located as near as possible t o  
the  airplane  center of gravity and had a range of fl radian per second. 
The instrument used w a s  a direct-recording-rate gyro with a natural  fre- 
quency of 14 cycles per second and a damping r a t i o  of 0.65 cr3t ical .  
The elevator  position was recorded with an exterml control-position 
transmitter (C.P.T.) and recorder and was measured referenced to the 
s tabi l izer .  The stabfl lzer  posi t ion was measured referenced t o  the air- 
plane center line. 
Accuracies of the recorded data are indicated by the following 
instrument accuracies: 
Pitching  velocity, q, radians/sec . . . . . . . . . . . . . . .  +O.O05 
Normal acceleration, n, g units . . . . . . . . . . . . . . . .  +O.O25 
Mach number, M . . . . . . . . . . . . . . . . . . . . . . . .  &0.01 
Elevator  position, 6, deg . . . . . . . . . . . . . . . . . . . .  *0.2 
Stabilizer  posit ion,  it, deg . . . . . . . . . . . . . . . . . .  f0.1 
Angle of attack, a, deg . . . . . . . . . . . . . . . . . . . . .  kO.2 
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The angle of attack w a s  measured by a vane located approximately 
25 f e e t  ahead of the center of gravity of the airplane and w a s  not 
corrected for pusition'error. 
METHOD OF OBTAINING DATA 
. Airplane responses were recorded over a t e s t  Mach number range of 
0.61 t o  0.96 and over an a l t i tude  range of from 21,000 t o  43,000 feet. 
Stabil ized flight was established before each maneuver t o  minimize vari- 
at ion in  speed and a l t i tude .  The tes t  maneuver consisted of disturbing 
the airplane from stabil ized flight by a pulse of the elevator control. 
A i r p l a n e  responses were obtained as a resu l t  o f  both up and down pulses 
of the elevator. For most of the maneuvers, the s tabi l izer  was fixed at 
approximately the same posit ion of 2.1°, t r a i l i n g  edge down; however, the 
s tab i l izer  i s  the only trimming device on the airplane so t h a t   f o r  some 
runs the stabil izer posit ion was slightly different.  The elevator pulse 
was of the order of 5 O  f o r  about 1-second duration. An attempt was made 
to  re turn the elevator  control  to  i ts  o r i g i n a l  posit ion f o r  trim. The 
result ing airplane response was a normal acceleration of approximately 
* 1 g  or pitching velocity of kO.2 radian per second and was recorded 
until  the airplane oscil lation subsided to some steady-state condition. 
An  average of about 7 seconds of flight time was required for  one air- 
plane transient response from which a n  entire frequency response was 
obtained. 
METHOD OF ANALYSIS 
The method of analysis is broken down in to  three distinct phases: 
determination of the frequency response; calculation of the transfer- 
function coefficients; determination of  the s tabi l i ty  der ivat ives .  
Determination of  the Frequency Response 
Time h is tor ies  of the airplane pitching-velocity response t o  a pulse 
of the elevator provide the working data  ( f igs .  2 and 3 ) .  These data 
were tabalated every 0.05 second which kept the accuracy of the method 
within 1 percent (ref. 2) and were transformed from the time plane t o  
the frequency plene by a solution of the  Fourier   htegrals ,  
- I  
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as w a s  done in  references 2 and 3. These integrals  were evaluated i n  
two p m t s  - the  t rans ien t  and the steady state.  The t ransient  integrals  
were evaluated by numerical integration (Simpson's one-third-rule inte- 
grat ion) .  For this analysis,  Integrations were made a t  frequencies of 
45, 60, 90, 120, 180, 225, 300, and 360 degrees per second. 
Once the complete Fourier  integrals Rq, I,, RE, and 18 are 
evaluated, they may be combined to give the freqLency response 
et# i n  terms of amplitude r a t i o  
1 3  = 
and phase angle 
Calculation of the Transfer-Function Coefficients 
For th i s   aaa lys i s  it is  assumed that a two-degree-of-freedom system 
adequately describes the airplane longitudinally. Equations of  motion 
fo r  such a s y s t e m  me, as reported in reference 2, 
The transfer-function equation of the system as obtained by solving 
the equations of motion simultaneously i s  
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D2q + 2 h D q  + w2q = COS + C l D S  (7) 
where the  transfer-function  coefficients Co, C 1 ,  2&, and (%)? Stre 
By applying the Fourier transform t o  equation ( 7 )  (ref. 4), a real 
and &ZL imaginary equation in   t he  incomplete Fourier integrals of the 
input and output functions and the imposed exciting frequencies are 
obtained: 
Real equation 
ion .Tinaginmy e quat 
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By subst i tut ion of  the incomplete  Fourier  integrals Q, qI, %, 
and 61, the  final steady-state  values  of and %, and the  xci t ing 
frequencies into equations (12) and (13), a red and an imag~nary equa- 
t i o n  in  the four transfer-function  coefficients Co,  Cl, 2h1, and 
( ~ n ) ~  are obtained. Thus, the  8 frequencies  yield 16 equations in the - 
4 unlmowns and a solution may be obtained by a least-squares and matrix , 
solut ion (ref .  4). 
A s  reported i n  reference 2, film reading apgears to be the largest  
source of e r ro r  in the reduction of the data. As the test  points  indi- 
cate in  f igures  4 t o  6, the error  i s  more pronounced at the higher f r e -  
quencies. In the further reduction of these data, a least-squazes solu- 
t i o n  i s  used. This method weights each frequency evenly; therefore, 
e r rors  a t  the higher frequencies give rise to errors in  the transfer- 
function coefficients wkich subsequently appear in t h e   s t a b i l i t y  
deriva5ives. 
Determination of the Stabi l i ty   Derivat ives  
The stability der iva t ives   for  the 'airplane nzay be calculated from 
equations (8) t o  (ll). A measure of the elevator  control  effect iveness  
is obtained from equation (8) as 
b il 
Equation (U) may be solved t o  give a measure of the static sta- 
i t y  of the airplane as pitching moment due t o  angle of a t tack as 
Celculations show the term CL~C% less than 1 percent of the 
term Cl$. - so that  the equat ion may be simplified to 
pV2E 
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Calculations also show the term -- CQmq t o  be small compared 
m 
t o  - 21y(urn)2 so t h a t  it m a y  be omitted. The simplified equation i s  
p V 2 E  
I 
Equation (10) gives a measure of the damping character is t ics  of the 
airplane. Solving for the damping derivative gives 
The airplane normal-force-coefficient slope was obtained by plot t ing 
the airplane normal-force coefficient against the angle of  attack measured 
during the subsidence of the airplane osci l la t ion.  
RESULTS AND DISCUSSION 
1 
Presented as figures 2(a) and 2(b) are two representative time his-  
t o r i e s  of the airplane response t o  an elevator pulse. The recorded 
quantit ies of pitching velocity and elevator position were analyzed t o  
give the longitudinal frequency response of the system and the longitudi- 
nal stabil i ty derivatives.  Figure 3 shows the trim airplane normal-force 
coefficient a t  an airplane weight of 11,000 pounds (x = 63 lb/sq f t )  as 
a function of Mach number with the m e a n  normal-fo.rce Coefficient during 
each test run shown as the tes t  po in ts .  The test poin ts  for  the two 
al t i tude  ranges of 21,000 t o  25,000 feet  and 28,000 t o  33,000 feet are 
shown by the flagged and unflagged circles, respectively. The squaxe 
and diamond indicate the points at a l t i tudes  of 37,500 and 43,000 feet. 
All t e s t s  at the lower Mach numbers were made with jet  power only; how- 
ever, the higher-speed rum necessitated the use of both rocket and j e t  
power. These runs were made  a t  a higher alt i tude and a t  a heavier air- 
plane weight and consequently higher CN. 
S 
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Frequency Response 
c 
The frequency response of the system f o r  the different test condi- 
t ions of Mach number and a l t i tude  i s  presented i n  figures 4 t o  6 as 
amplitude r a t i o  and phase angle as a function of exciting frequency. 
During each run the stabil izer posit ion was constant; however, the sta- 
bi l izer   posi t ion  var ied  s l ight ly   for  some of the   t es t  runs as i s  noted 
i n  each figure. 
Figures 4(a) to 4(f)  present the frequency response of the system 
f o r  an a l t i tude  ran@;e of  21,000 t o  25,000 f ee t .  These results are pre- 
sented as amplitude r a t i o  q/6 and phase angle # as a function of 
frequency cu with the calculated points indicated as c i rc les  and squares. 
Lines are fa i red  and the  resul ts   are  compared f o r  the different  Mach 1312111- 
bers in figure 4(g). Figures 5(a) to 5(g) present res+ts obtained a t  an 
a l t i tude  range of 28,000 t o  33,000 feet with the runs compared in f ig -  
ure 5(h).  Figures 6(a) and 6(b) present the frequency response at alti- 
tudes of  43,000 and 37,500 f ee t .  These t e s t s  ax f o r  a Mach  number of 
0.90 and 0.93 and the runs are compared in f igure 6(c) .  For the llmited 
range of these tests l i t t l e  change i n  amplitude r a t io  with Mach number 
i s  shown; however, a change of about 1 in amplitude ratio from the higher- 
a l t i tude  da ta  to  the low-altitude results i s  shown.  The resonant fre- 
quency of the system increases with Mach number from about 2 t o  4 radians 
per second. 
By assuming tha t  a two-degree-of-freedom system adequately describes 
the airplane system longitudindly, the transfer-function coefficients Co, 
CI, 2(%, and ((ca)2 were obtained for each of the  responses and are 
presented as functions of Mach number for   the test a l t i tude  ranges i n  
figure 7. The flagged circles indicate runs grouped at an a l t i tude  range 
of 21,000 t o  25,000 fee t .  A possible fairing of these data i s  indicated 
by the dashed l ines .  The variation of the transfer-function coefficients 
with Mach  number for  the al t i tude range of 28,000 t o  33,000 f ee t  i s  indi- 
cated by the circles.  The tes t  po in ts  at Mach numbers of 0.90 and 0.93 
are at a higher test a l t i tude  and are indicated as the diamond and square. 
The disturbance  parameters Co and C1 'decrease  gradually  while  the 
damping parameter 2!,% and the undamped natural  frequency paam- 
e t e r  (%)* increase wTth  Mach  number to a Mach  number of 0.85. A t  a 
constant Mach number, the damping parameter, dtsturbmce p a r e t e r ,  and 
the undamped-natural-frequency parameter decrease with Fncreasing al t i tude.  
Longitudinal  Stability  Derivatives 
By the method outlined, the sirplane transfer-function coefficients 
may be reduced t o  airplane stabil i ty derivatives.  Plots of  the 
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derivatives Cms, Cma, CN, and . Cm + C q  as functions of  Mach num- 
ber are presented as figure 8. Fairings are indicated for the alt i tude 
ranges of 21,000 t o  25,000 f e e t  and 28,000 to  33,000 f ee t .  The two test 
points at the higher alt i tudes are shown by the diamond and square. 
9 
Elevator effectiveness.- The elevator control effectiveness CW 
is  presented for the test alt i tude ranges (fig.  8) and shows l i t t l e  change 
with Mach  number  up t o  a Mach number of about 0.85. A decrease in  e f fec-  
t iveness i s  indicated to the higher test  Mach numbers. The lower-altitude 
data show approximately 50 percent greater effectiveness than  the higher- 
a l t i t ude  results. 
S ta t i c  s t ab i l i t y . -  A measure of the  a i rp lane  s ta t ic  s tab i l i ty  was 
a l s o  obtained and i s  presented as a function of Mach number i n   f i g u r e  8. 
The s t a t i c  s t a b i l i t y  Cm, increases gradually from -0.01 a t  a Mach n u -  
be r  of 0.61 t o  -0.017 at a Mach number of 0.85. A t  the higher Mach n u -  
bers it is indicated that the s ta t ic  s tabi l i ty  increases  more rapidly. 
The r a t e  of change of airplane normal-force coefficient with angle of 
a t tack CN, i s  shown as a function of Mach number. This var ia t ion shows 
a gradual increase from 0 .O7 a t  a Mach number of 0.61 to 0.088 at a Mach 
number of 0.83 and has a value of 0.071 a t  a Mach number of 0.96. Because 
of malfunctioning of the airplane angle-of-attack vane, data were not 
available over the dashed par t  of the curve. 
Damping derivative. - From the transfer-function coefficient 2&, 
the damping derivative Cm + C s  i s  derived and i s  presented i n  f i g -  
ure 8 as a function of Mach number for  the test alt i tudes.  Fairings are 
indicated for the data a t  a l t i tudes  of  21,000 t o  25,000 feet and 28,000 
t o  33,000 fee t .  The points a t  a l t i tudes  of 37,WO and 43,000 f e e t  axe 
indicated as a square and a diamond, respectively. The damping deriva- 
t i ves  for the lower-altitude runs, indicated by the dashed l ine ,  show 
greater damping than the higher-altitude data. The value of cm4 + c a  
for  the  a l t i tude  range of 28,000 t o  33,000 feet  varied from -0.23 a t  a 
Mach number of 0.62 t o  -0.58 at a Mach number of 0.85. A rapid decrease 
i s  indicated to a value of  -0.11 a t  a Mach number of 0 . 8 .  
9 
Comparison of  Flight-Test and Wind-Tunnel Data 
Presented as figure 9 i s  a comparison of  the   f l igh t - tes t   da ta   for  
the two altitude ranges and that derived from wind-tunnel t e a t s  (ref. 5). 
The wind-tunnel r e su l t s  are for sea-level conditions with a center-of- 
gravity location of 20.2 percent m e a n  aerodynamic chord, whereas the   f l igh t  
data  are  for an a l t i t ude  of from 21,000 t o  25,000 f e e t  and 28,000 t o  i 
33,000 f e e t  and with a center-of-gravity location of 25 t o  26 percent 
m e a n  aerodynamic chord. 
.31111rt 
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Elevator effectiveness.- The elevator effectiveness from c% 
flight t e s t a  a t  28,000 t o  33,000 f e e t  i s  lower by about 0.007 than wfnd- 
tunnel results (f ig .  9 ) .  The flight data f o r  the lower a l t i tuck  a re  
nearer i n  agreement with the wind-tunnel resul ts ,  and i f  the differences 
in test conditions are considered, the agreement is believed reasonable. 
Both f u g h t  and wind-tunnel t e a t s  indicate a rapid loss of control  effec- 
tiveness a t  Mach numbers' greater than 0.90 and appoack the a8me value 
a t  the highest test  Mach number. . 
Sta t ic   s tab i l i ty . -  A comparison of the   s ta t iz   s tab i l i ty   der iva-  
t i ve  Cmc, as meaaured during the flight . tes ts  and as calculated from 
the wind-tunnel data is presented in figure 9. Tae s t a t i c  s t a b i l i t y  
derivative measured during flight t e s t s  is about 3.005 lower t h a a t h a t  
obtained during wind-tunnel t e s t s ;  however, the difference i n  center- 
of-gravity location for the tests would indlcate a difference of t h i s  
order of magnitude. A l s o  presented is a comparison between the  ra te  of 
change of airplane normal-force coefficient w i t h  angle of a t tack  % 
(presented as flight teets) and the ra t e  of change of lift coefficient 
with angle of a t tack (indicated a s  wind-tunnel data). Reasonable agree- 
ment i s  obtained over the Mach nrmiber range w i t h  t he   f l i gh t  data a l igb t ly  
higher at  the middle Mach number range. 
a 
.. 
Damping derivative.- Presented also in  figure 9 i s  a comparison of 
f l i gh t - t e s t  dampin@; derivative C, + % and wind-tmel  values  of 
+ C& calculated from nind-tunnel tests by a method from refer- 
ence 6. The value of c % + C% from the flight tests fo r  an a l t i t ude  
range of 28,000 t o  33,000 f e e t  is lower than the wind-tunnel t e s t a  by 0.U 
a t  a Mach nmber of 0.625; however, the flight data increase to  0.13 
greater than wind-tunnel data a t  a Mach number of 0.85. Thus, the f l i gh t -  
t e a t  damping derivative ehows a seater variat ion over the Mach nuuiber 
range than the wind-tunnel tes ta  indicate .  The lower-altitude tests 
indicate greater damping a8 would be expected. Agreement between these 
re su l t s  and wind-tunnel r e su l t s  is considered reasonable. 
9 
% 
By application of the Fourier integral transformation a graphical 
frequency response of the  dough^ D-558-11 airplane was obtained from 
the measured airplane response to pulses of the elevator control. 
I 
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For the Mach number range of these tests l i t t l e  change i n  amplitude 
rat io  with Mach  number was shown; however, the resonant frequency of the 
system did  increase  with Mach number. 
The computed transfer-function coefficients showed  some var ia t ion 
with Mach number. The disturbance parameters showed an increase nega- 
t i ve ly  with Mach number. The damping transfer-function coefficient and 
undamped natural frequency parameter increased with Mach number t o  a 
Mach number of approximately 0.85. 
The longitudinal stability derivatives agreed favorably with wind- 
tunnel results. The control effectiveness varied l i t t l e  with Mach nun- 
be r   t o  a Mach  number of 0.6 and EL decrease was indicated to the higher 
test  Mach numbers. The s t a t i c  s t a b i l i t y  of the airplane increased with 
Mach  number with more rapid increase at the higher Mach numbers. The 
r a t e  of change of airplane normal-force coefficient with angle of a t tack 
increased with Mach number t o  a Mach number of 0.83 and had a value of 
0.071 at a Mach  number of 0.96. The damping derivative increased with 
Mach number t o  a Mach number of about 0.85 and lower damping w a s  indi-  
cated a t  the higher test Mach numbers, 
Langley Aeronautical  Laboratory 
National Advisory Committee for Aeronautics 
Langley Field, Va. 
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TABLE I 
wing: 
Root a i r fo i l   sec t ion  (normal t o  0.30 chord) . . . . . . . .  NACA 63-010 
Tip a i r fo i l  s ec t ion  (norma l  t o  0.30 chord) . . . . . . .  NACA 631-012 
Total mea. sq f ' t  . . . . . . . . . . . . . . . . . . . . . .  175.0 
Span. f t  . . . . . . . . . . . . . . . . . . . . . . . . . . .  25.0 
Mean aerodynamic  chord. f t  . . . . . . . . . . . . . . . . . .  7.27 
Taper r a t i o  . . . . . . . . . . . . . . . . . . . . . . .  - . .  0.565 
Aspect r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . .  3.570 
Sweep a t  0.30 chord.  eg . . . . . . . . . . . . . . . . . . .  35.0 
Incidence a t  fuselage  center  line. deg . . . . . . . . . . . .  3 . 0  
Bor i z  ontal  tail: 
Area (including Fuselage). sq ft . . . . . . . . . . . . . . .  
Span. in . . . . . . . . . . . . . . . . . . . . . . . . . . .  
Mean aerodynamic chord. f't . . . . . . . . . . . . . . . . . .  
Taper ra t fo  . . . . . . . . . . . . . . . . . . . . . . . . .  
Aspectrat io  . . . . . . . . . . . . . . . . . . . . . . . . .  
Sweep at  0.30  chord line. deg . . . . . . . . . . . . . . . .  
Elevator area. sq f t  . . . . . . . . . . . . . . . . . . . . .  
Elevator travel. deg 
up . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
Down . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
39.9 
143.6 
3.48 
0.50 
3.59 
40.0 
9.4 
25 
15 
Fuselage: 
Length. ft . . . . . . . . . . . . . . . . . . . . . . . . . .  42.0 
Maximum diameter. i n  . . . . . . . . . . . . . . . . . . . . .  60.0 
Engine 8 : 
Turbojet . . . . . . . . . . . . . . . . . . . . . . .  Westinghouse J-34 
Rocket . . . . . . . . . . . . . . . . . . . . . . .  Reaction Motor6 
Airplane weight : 
F u l l  j e t  and rocket fuel. . . . . . . . . . . . . . . . . . . .  15. 130 
F u l l  je t   fuel .  . . . . . . . . . . . . . . . . . . . . . . . . . . .  942 
No fuel. lb . . . . . . . . . . . . . . . . . . . . . . . . . . . .  382 
Center-of-gravity locations: 
Full j e t  and rocket fuel (gear up). percent mean 
aerodynmfc chord . . . . . . . . . . . . . . . . . . . . .  23.5 
F u l l  j e t  f'uel  (gear up).  percent m e a  aerodynamic chord . . .  25.2 
No fuel  (gear up). percent mean aerodynamic chord . . . . . .  26.5 
. 
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PHYSICAL CHARACTERISTICS OF THE D O U 3 U S  D-558-II AIRPLANE - Concluded 
Moments of inertia: 
F u l l  j e t  and rocket fbel, slug-ft2 . . . . . . . . . . . . . .  39,600 
Full j e t  f’uel, slug-ft2 . . . . . . . . . . . . . . . . . . .  34,600 
NO fuel, slug-ft2 . . . . . . . . . . . . . . . . . . . . . .  33,300 
w 
FiLyre 1. 
143.6'' 
1 
I 
E 
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(a) M = 0.64; hp = 25,000 feet; it = 2.1O. 
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(b) M = 0.96; $ = 33,000 feet; it = 1.6O. 
Figure 2.- Concluded. 
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Figure 3.- Variation of the mean normal-force coeff ic ient  w i t h  Mach 
number during t he   t e s t  maneuver as compared with the trim normal- 
force coefficient f o r  the  a l rplase a t  30,000 f e e t  with a wing 
loading of 63 pound8 per square foot. 
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(a) M = 0.61; hp = 25,000 feet; = 2.1'. 
(b) M = 0.64; = 25,000 feet; it = 2.1O. 
Figure 4.- Frequency response of the Douglas D-258-11 airplane a8 
determined from the  pitching  velocity  response  to an elevator pulse. 
hp = 21,000 t o  25,030 feet.  
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Figwe 4.- Continued. 
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(g) hp = 21,000 to 25,000 feet. 
Figure 4,- Concluded. 
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(a) M = 0.62; hp = 32,000 feet; it = 2.1' 
3uo 
(b) M = 0.70; hp = 31,000 feet; it = 2.1°. 
Figure 5.- Frequency response of the Douglas D-598-11 airplane f o r  an 
a l t i t ude  range of 28j000 to 33,000 feet. - 
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Figure 3.- Continued. 
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( e )  M = 0.80; hp = 28,000 feet; it = 2.1' 
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Figure 5.- Continued. 
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(g) M = 0.96; hp = 33,000 feet; 5t = 1.6O. 
Figure 5.- Continued. 
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(h) kp = 28,000 to 33,000 feet. 
Figure 5.- Concluded. 
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(b) M = 0.93; hp = 37,500 feet;  it = 2.4O. 
Figure 6.- Frequency response of the Douglas D-558-11 airplane  at 
37,500 and 43,000 fee t .  
6 
2 
- NACA RM ~ 5 2 ~ 0 2  
0 2 4 6 8 
u, Y f f  d/bns/sec 
( c )  hp = 43,000 and 37,500 feet. 
Figure 6.- Concluded. 
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Figure 7.- Variation of airplane  tranefer-function  coefficients with 
Mach nuniber. 
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igure 8.- Variation of the  airplane  stability  derivatives with Mach number. 
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Figure 9.- Comparison of the airplane s tabi l i ty  derivatives with those 
calculated from wind-tunnel results. 
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